Фа». 
МАСА КМ Е53124 


C789 


“ 


RESEARCH MEMORANDUM 


SECURITY INFORMATION 


Copy ы жы 


КМ Е53124 

шешегі 

— ССО й 

o == = 

ALLE ч 

а а? РРО = ш = j Í 
Пи — 0 
эк== > 


INVESTIGATION ОҒ А HIGH-PRESSURE-RATIO EIGHT-STAGE 


AXIAL-FLOW RESEARCH COMPRESSOR WITH TWO 
TRANSONIC INLET STAGES 
I - AERODYNAMIC DESIGN 
By Charles Н. Voit 


Lewis Flight Propulsion Laboratory 
Cleveland, Ohio 


CLASSIFIED DOCUMENT 


This information affecting the National Defense of the United States within the meaning 
а the espionage laws, Title 18, U.S.C., Secs. 793 and 794, the transmission or Е whioh in ane 
r to an unauthoriz rized person is prohibited la 


NATIONAL ADVISORY COMMITTEE 
FOR AERONAUTICS 


WASHINGTON 


December 4, RECEIPT SIGNATURE 


Жаш 


CS-l 


ӨТО© 


LIBRARY КАҒВ, NM 


ИН 


НАСА ВМ Е55124 PIE Пъчзе е 


NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 
RESEARCH MEMORANDUM 
INVESTIGATION OF А HIGH-PRESSURE-RATIO EIGHT-STAGE AXTAL-FLOW 
RESEARCH COMPRESSOR WITH TWO TRANSONIC INLET STAGES 
І - AERODYNAMIC DESIGN 


By Charles H. Voit 


SUMMARY 


An eight-stage high-pressure-ratio axial-flow compressor was de- 
signed for use ав a research unit in which the problems associated with 
design and off-design performance of transonic stages combined with high- 
ly loaded subsonic stages could be studied. This compressor consisted 
of two transonic inlet stages and six subsonic stages designed to pro- 
duce an over-all total-pressure ratio of 10.26 with a mass flow of 29.8 
pounds per square feet of rotor frontal area at a tip speed of 1168 feet 
per second. The transonic inlet stage was designed without guide vanes 
for an axial inlet and a maximum relative Mach number of 1.20. The sub- 
sonic stages were designed for somewhat higher loading limits in the 
middle stages than in the latter stages. The tip diameter of the compres- 
sor was 20 inches and the inlet hub-tip ratio at the entrance to the 
first rotor was 0.48. 


This report discusses the design procedure and presents the experi- 
mentally determined over-all performance of this compressor. 


INTRODUCTION 


Compactness and reduced weight of axial-flow compressors for gas- 
turbine power plants in aircraft application can best be achieved by: 
(1) decreasing the compressor length by reducing the number of stages 
required to produce the desired pressure ratio; апа (2) decreasing the 
compressor diameter by increasing the mass flow per unit frontal area 
while, at the same time, maintaining high efficiencies. Two-dimensional 
high-speed cascade data (ref. 1) and single-stage rotor tests (refs. 2 
and 3) indicate that higher stage pressure ratios than those currently 
being used are obtainable with the use of high blade loading and high 
subsonic Mach numbers while maintaining good efficiencies. 


The compressor of reference 4 was built and tested in order to in- 
vestigate the possibility of staging highly loaded stages and to study 
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the problems associated with highly loaded multistage compressors. This 
compressor showed that it is possible to increase the stage pressure 
ratios above those currently being used while maintaining good mass flow 
per unit frontal area and acceptable efficiencies (ref. 5). Тһе compres- 
sor of reference 4 was designed Гог an average stage pressure ratio of 
1.205 and a weight flow of 26.4 pounds per unit frontal area. Although 
this is a comparable weight flow and a higher stage loading than most  . 
current commercial designs, it 1s conservative compared with the obtain- 
able values as indicated by analysis of cascade and single-stage data. 


in order to investigate the problems associated with even higher 
stage pressure ratios and high over-all pressure ratios, a completely 


subsonic multistage compressor design was made, on the basis of the analy- 


sis of reference 6, to produce an over-all pressure ratio of 10.3 in nine 
stages, an average stage pressure ratio of 1.296, with an equivalent 
weight flow of 26.5 pounds per square foot of frontal area. Shortly 
after this design was completed and its fabrication started, the per- 
formance of & single-stage transonic research compressor was determined 
(ref. 7). This transonic stage utilized high rotor-tip relative Mach | 
numbers, of the order of 1.1, which permitted high stage pressure ratios 
and high weight flows and gave good efficiencies and а wide efficient 
Operating range. 


In order to take advantage of the desirable characteristics indi- 
cated for the transonic stage, and because ії was believed that the sub- 
sonic inlet design might have poor off-design characteristics because of 
the high guide-vane turning required and consequently the high rotor-tip 
static-pressure rise, the first two stages were redesigned to transonic 
stages. Ап attempt was made to replace only the first subsonic stage 
with а transonic stage. However, in order to reduce the supersonic Mach 
number entering the first rotor tip to a subsonic value of 0.80 entering 
the second stage, & first-stage stator having & reversal of twist be- 
tween hub and tip would be required. This reversal was believed to be 
undesirable and, hence, the first two stages were redesigned. Тһе re- 
sulting nine-stage transonic inlet compressor design gave an over-all 
pressure ratio of 15.5. Because such a high pressure ratio might be 
beyond the practical limit in a single-spool compressor, only the first 
eight stages, which had an over-all pressure ratio of 10.26, were built. 
However, the mechanical design is such that the ninth stage can be added 
later if desired. D^ 


Ihe Mach number and. stage loading limits were increased above those 
employed in the design of the compressor of reference 4 to values which 
were believed to be near the practical limit, The high stage pressure . 
ratios were obtained by using high rotative speeds with moderate turning 
angles. The resulting compressor design, which is discussed herein, was 
made in order to study the design and off-design performance problems of 
& multistage compressor with high mass flow, high stage pressure ratio, 
and high over-all pressure ratio. This compressor design, therefore, 
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provides a research unit in which to study not only the effect of high 
blade loading and high over-all pressure ratio but also the performance 
of transonic stages in a multistage compressor. 


мою 


SYMBOLS 


The following symbols are used in this report: 


rotor frontal ares, sq ft 

local speed of sound, ft/sec 

blade chord, in. 

lift coefficient 

design camber (theoretical Ср of isolated airfoil) 
specific heat of air at constant pressure, Btu/(1b)(°R) 
specific heat of air at constant volume, Btu/(1b)(^R) 
diffusion factor across stator row 

diffusion factor across rotor row 

acceleration due to gravity, 32.174 ft/sec? 


dimensionless ratio of axial component of air velocity to 
rotor tip speed, V Ат 


а t 
incidence angle, deg 
absolute Mach number 
Mach number relative to rotating blades 
роїубгоріс exponent of compression 
total or stagnation pressure, 1Ъ/ва ft 
change in absolute pressure, 1b/sq ft 
velocity head v^/2g, ft 
radius of circular-arc blade section, in. 


radius of compressor, ft 


total or stagnation temperature, TR 


E 


Y! 


p' 


A ' 
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maximum blade thickness, in. 


velocity of rotor blade at tip, ft/sec 


equivalent blade tip speed corrected to standard NACA sea- 
level conditions, ft/sec 


absolute air velocity, ft/sec 


air velocity relative to rotating blades, ft/sec 


equivalent weight flow corrected to standard NACA sea-level 
conditions, 1b/sec | 


ratio of absolute tangential velocity to rotor tip speed 


ratio of change in tangential ca LC stator to 
rotor tip speed 


ratio of change in tangential АА rotor to 
rotor tip speed H з m 220 


ratio of blade speed at any radius to blade tip speed, or 
radius ratio т/га EN 


angle between absolute velocity vector and rotor axis, deg 
angle between relative velocity vector and rotor axis, deg 
absolute turning angle through stator, deg 

relative turning angle through rotor, deg 

ratio of specific heats, ср/су› 1.5947 

ratio of total pressure to standard NACA sea-level pressure 
deviation angle, deg 

adiabatic temperature-rise efficiency 


ratio of total temperature to standard NACA sea-level tem-. 
perature : | 


mass density of air, slugs/cu ft 


blade-element solidity, chord/spacing 
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Y 
Subscripts: 
а, 


е 


ts 


camber angle of circular-arc blade section (included angle 
of mean line), deg 


angle between blade chord and compressor axis, deg 


axial direction 

simple radial equilibrium 

hub 

mean 

any station 

static or free-stream conditions 
subsonic stages 

total or stagnation conditions 
tip 

transonic stages 
straight-through flow 


compressor-inlet stagnation conditions, standard NACA sea- 
level conditions 


stations ahead of rotor of i pH. E $e ar go) stages 


stations ahead of stator of 15, and, zrd, . , , 8th stages 


discharge measuring station 


PRELIMINARY DESIGN CONSIDERATIONS AND LIMITATIONS 


The original subsonic compressor was designed to produce as high an 
average stage pressure ratio as possible with good efficiency. Іп order 
to obtain good efficiency, certain design limits were imposed. These 
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design limits were a Mach number limit and blade-loading limits. The 
multistage analysis of reference 6 indicates that there is a certain 
desirable stagewise distribution of axial velocity and relative inlet 

air angle that will permit the highest stage pressure ratio without ex- 
ceeding the prescribed Mach number and blade-loading limits. The method 
of reference 6 was therefore used to determine the stagewise distribution 
of tip axial velocity, tip relative inlet alr angle, and stage total- 
pressure ratio. 


= 


The subsonic design used а Mach number limit of 0.8 on the basis of 
the results of references 2 and 3. Above а Mach number of 0.8 the total- 
pressure loss coefficient for 65-series blower blade sections, with а 
thickness from 6 to 10 percent of chord, increases sharply with Mach 
number. 


Ine blade-loading limits were those used in the analysis of refer- 


ence 6, that is, обу, AP fiss and ABl. The method of applying these 


limits апа the numerical values used are given in the section "Stagewise | 


distribution of design variables," +: тик. 
Recently, а more satisfactory limiting-blade-loading parameter has 
been developed (ref. 8). This derived limiting diffusion factor com- 
prises a term involving the velocity ratio.across the blade and a term 
proportional to the circulation about the element, and is given by | | 


p= ( чк) + | = 
n п 


and 


Vn+2 YU, 
ix е Де 
nil О + 
For a given inlet air angle, AP ./ de is proportional to the first 
term, and 0C, and АВ! are functions of the second term of the diffu- 
sion factor. Reference 8 gives а correlation between this diffusion 


factor and oC, and АВ!" for 65-series cascade and single-stage com- 


pressor data. Although this limiting-blade-losding parameter was not 
used in this design, the numerical value of the diffusion factor for 
hub, mean, and tip radii of each blade row is presented in table ІІ for 
the reader's information. 
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DESIGN OF SUBSONIC STAGES 


lnlet stage. - Even though it was later discarded, the original 
subsonic inlet stage design will be discussed briefly, because its char- - 
acteristics affect the final design. The subsonic inlet design deter- 
mined the equivalent weight flow and equivalent tip speed of the latter 
stages, which had to be maintained when the inlet stages were redesigned 
to transonic stages. The subsonic inlet stage design also set the start- 
ing point for determining the stagewise distribution of stage pressure 
ratio, tip dimensionless axial velocity, and tip relative inlet air angle 
(see fig. 1) and hence affected the latter stages. 


The subsonic inlet stage design was very similar to that chosen for 
the multistage analysis of reference 6 with slight modifications due to 
the higher hub-tip ratio (0.55) of this compressor. The subsonic-inlet- 
stage design total-pressure ratio was 1.189 with an equivalent weight 
flow of 26.5 pounds per square foot of rotor frontal area at ап equiva- 
lent tip speed of 1120 feet per second. The tip relative inlet air 
angle was set at 60° and the resulting tip dimensionless axial velocity 
һ was 0.5855. 


Stagewise distribution of desi variables. - The stagewise distri- 
bution of tip dimensionless axial velocity пъ, relative rotor-tip inlet 


air angle Ві, and stage total-pressure ratio were determined by methods 


similar to those used in reference 6. Reference 6 indicates that there 
is a certain desirable stagewise distribution of axial velocity which 
Will permit a high stage pressure ratio without exceeding the design 
limits used. This distribution is a steadily increasing axial velocity. 
Because this distribution results in high discharge velocities and small 
passage height, and because reference 6 indicates that some deviation 
from the optimum distribution could be tolerated without a great sacri- 
fice in stage pressure ratio, the present design maintained the tip axial 
Mach number entering each rotor row approximately constant. By use of 
the method of reference 6, the tip axial velocities at a midstage, where 
the over-all total-pressure ratio equals 3, and at а latter stage, where 
the over-all total-pressure ratio is 9, were calculated so that the tip 
axial Mach numbers were approximately constant. Total temperatures were 
used in this calculation because the static temperatures cannot be de- 
termined, since the velocities are not known at these stations. This ге- 
sults in a somewhat higher axial velocity than would be obtained if 
static temperatures were used. With the use of these tip axial veloci- 
ties, & given set of design limits, and the curves of reference 6, the 
relative tip inlet air angles and stage total-pressure ratio were deter- 
mined. The limits used were ост, 1.2; АР„/а, 1.6; and А84, 22° Рог the 


midstage; and oC}, 1.0; AP,/g,, 1.6; and 48), 20° for the latter stage. 
The inlet-, midstage, and latter-stage values ої tip dimensionless axial 
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velocity, stage total-pressure ratio, and tip relative inlet air апр е 
were plotted on semilog coordinates and smooth curves were faired (fig. 
1). With the use of this stage total-pressure ratio distribution, the 
over-all total-pressure ratio entering each succeeding stage was calcu- 


lated, and the values of h, and Bi entering each stage and the total- 


pressure ratio for each stage were determined from the faired curves. 

The discharge axial velocities thus determined were believed to be too 
high for efficient use іп jet-engine application, and it was decided to 
limit the dimensionless tip axial velocity ratio of the last three stages 
to 0.50. The values of ht, Ві, and the stage pressure ratio used for 


the subsonic design are given in table I. 


Efficiency assumption. - It is necessary to assume efficiencies for ` 


each stage in order to determine the energy addition necessary for the 
desired stage total-pressure ratio. These assumed efficiencies are given 
in table Т. The efficiencies assumed for the first two subsonic stages 
were somewhat lower than the middle stages because inlet stages with low 
hub-tip ratios usually have low efficiencies because of high rotor-tip 
diffusion and low solidities. The efficiencies of the exit stages were 
also assumed somewhat lower than the middle stages because the boundary 
layer and the tip clearance were believed “to be а greater percentage of 
the passage height, and both of these factors tend to increase the losses 
in the latter stages and decrease the efficiency. E 
Velocity diagrams. - With the desired values of tip dimensionle&8 
axial velocity, tip relative inlet air angle, stage total-pressure ratio, 
and an assumed stage efficiency known for each stage, it is possible to 
determine the velocity diagram at any radius if the radial variation of 
tangential velocity entering a rotor, the change in tangential velocity 
through the rotor, and the radial variation of axial velocity are assumed. 
The tangential velocity entering any rotor row was assumed to vary di- 
rectly with radius, and the change through the rotor varied inversely 
with radius. The variation of the axial velocity entering any rotor row 
was calculated by assuming the existence of simple radial equilibrium 
(no radial flow or radial entropy gradient ) and constant total enthalpy 
along the radius. The variation of the axial velocity entering any sta- 
tionary row was assumed to be the average between that required for 
simple radial equilibrium and that required for straight-through flow 
(straight-through flow, as used herein, is defined as no change in the 
radial distribution of the axial velocity entering and leaving a blade 
row). Single-stage data available at the time the design was made indi- 
cated that this type of axial-velocity distribution is obtained after a 
rotor row (ref. 9, fig. 7). More recent investigations indicate that 
nonisentropic simple radial equilibrium, which considers the radial var- 
iation of entropy, is very nearly obtained after а rotor-blade row. 


With these assumptions and the values given in table I, the compo- 
nents of the velocity diagram can be calculated at any radius. Details 
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of these calculations are given in the section Design Calculation Method. 
The components of the velocity diagrams entering and leaving а Бізде row 
were calculated at the same radius. This calculation assumes that the 
flow is along cylinderical surfaces across a blade row. The tangential 
velocity component leaving the lastestage stators was removed by a row 
of exit guide vanes in order to have axial discharge from the compressor. 


Flow-passage geometry. - After the radial variation of the velocity 
diagrams is determined, the hub profile is determined. The hub radius 
entering each blade row can be determined from continuity and the flow 
conditions аб that station. It is then necessary to fix the axial length 
of the blade rows and the clearance between them in order to determine 
the hub profile. The casing of the compressor of reference 4 was used, 
and hence the axial spacing of the stator blades was fixed, which in turn 
determined the axial spacing of the rotor-blade rows because the clear- 
ance between blade rows could not be altered appreciably. The resulting 
hub profile was slightly wavy, and a smooth curve was faired for the hub 
profile. The faired hub contour deviated only very slightly from the 
calculated points, and this procedure was believed justified because 
the boundary-layer allowance was not known to a high degree of accuracy. 


Boundary-layer allowance. - The hub-contour determination described 
in the preceding section did not make any allowance for boundary layer 
along the passage walls. Іп order to make some allowance for boundary 
layer, the passage height was increased by decreasing the hub radii by 
an amount equal to the estimated displacement thickness of the combined 
outer- and inner-wall boundary layers. Very little information could 
be obtained on the probable thickness of the boundary layers. Based on 
the best available information, the stagewise distribution of boundary- 
layer thickness shown in figure 2 was assumed. This distribution assumed 
а zero thickness аф the inlet to the first rotor, в linearly increasing 
thickness through the fourth stage, and & constant thickness for the re- 
maining stages. More recent data indicate that this boundary-layer allow- 
ance may have been excessive in the latter stages, which would result in 
the latter stages being excessively loaded and their design-speed opera- 
tion being nearer stall than was intended in the design. A sketch of 
the flow passage and blading is given in figure 3. 


DESIGN OF TRANSONIC STAGES 


When the performance of the transonic compressor of reference 7 Ъе- 
came known, it appeared highly desirable to incorporate transonic inlet 
stages into this multistage design. А completely new design with tran- 
sonic inlet stages would have been more desirable, but this was not feas- 
ible because fabrication of the subsonic design had already begun and it 
was necessary to keep all changes, both serodynamic апа mechanical, to a 
minimum. The first two stages were therefore redesigned and the other 
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stages remained unchanged, Іп order to do this the first two stages . 
were во designed that both the magnitude and the radial distribution of 
flow angles and equivalent velocities У//б leaving the second transonic 
stage were identical with those of the subsonic design. These conditions 
placed some restrictions on the design of the two transonic stages. 


ln order to keep the flow velocities entering the third stage iden- 
tical with those of the original subsonic design, the same equivalent 
weight flow 6/9 and equivalent tip speed U,/V@ were maintained at 


the entrance to the third stage. Because the pressure ratio and temper- 
ature ratio across the transonic stages are higher than the original sub- 
sonic stages, it was possible to increase the entrance weight flow and 
necessary to increase the design tip speed. In order to obtain equiva- 
lent velocities entering the third stage 1% was necessary that 
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Hence, in order to maximize the weight flow, it would be desirable to 
obtain as high a pressure ratio across the transonic stages as possible. 
However, for a given entrance annulus area, increasing the weight flow 
increases the axial Mach number; and for a rotor with axial inlet, the 


relative Mach number is also increased, These relations are given by ^ ^ =~ 
the following equations: p - сака 
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Р 2n | р | а, 
о 2 2 а? 1 1 
— = T = e чики» a ант 
e не ть) во Ро 878,1 50 : a Т 
ts W of "OQ 


BB 


9018 


8Т0с 


25.2 back 


NACA ВМ Е55І24 на, 11 


Ж 


2 nl 
(т5/то)? дур Nen 
U = U LS 2 U 5} (5 
i Ol ОЬ 
2 S 


(T 5/ То) 


1 
а » В 1,5 > |, 


where the superscript п represents the polytropic exponent of 


compression. 
{Л5/ To 


For given values of н.в У s Ty гу, and п, the pressure 
ss 


l 
2 


ratio, tip speed, and relative tip Mach number can be determined ас a 


[T 5/5 


function of the axial Mach number, The term Ws Gee) was fixed 


by the original subsonic design, the tip radius was fixed "by the casing 
of the compressor of reference 4 at 10 inches, and the hub radius 
entering the first rotor could not be reduced below 4.8 inches because 
of the existing inlet bearing support geometry. With these values and 
an assumed polytropic efficiency of 0.88 for the transonic stages and 
with the relative Mach number entering the first rotor at the tip 
limited to 1.20, the following design values were obtained for the 
transonic stages: 


Axial Mach number entering first rotor . . . e e . . .. èe e e 0.5354 


Total-pressure ratio across transonic stages . . . . . . .. e e . 1.888 
Equivalent weight flow, 1b/sec . . . . . . . . icd over Ж was ue DD 
Equivalent weight flow per unit rotor frontal eres, 

ІШЕ Bec ТӨШ 5-4 жый wid Ac went Wh ume S ok OE Boek ae Шы бб 
Equivalent tip speed, ft/sec даю ДЫ ча валс Sh Ай WA зо жом ek в юре. 1168 


The Mach number limit of 1.20 was based on single-transonic-stage 
data available at that time. 


The total-pressure ratio was divided between the two stages with 
each having a total-pressure ratio of 1.374. Constant energy addition 
from hub to tip was used in the transonic stages because the subsonic 
stages were designed for no radial energy gradient, and it would be im- 
possible to match the design flow entering the subsonic third stage if 
the first two stages were designed for a radial energy gradient. In 
order to match the design flow angles entering the third stage, it was 
necessary for the first two stator rows to change the tangential velocity 
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added by the first two rotors to that required at the entrance of the 
third stage of the subsonic design. The stator of the first transonic 
stage was designed to produce а constant tangential velocity radially 
at the exit of the first stage. This reduced the amount of change in 
tangential velocity necessary in the second stator at the hub, as well 
as reducing the relative Mach number entering the second rotor. The 
second stator row then changed the tangential velocity after the second 
rotor to that required by the subsonic design at the entrance to the 
third stage. The radial variation of axial velocity after each blade 
row of the transonic stages was calculated from simple radial equilibrium 
and constant total enthalpy along the radius. The velocity diagram at 
hub, mean, and tip for the transonic stages are given in figure 4 and 
the design values for all stages in table ІТ, 


MECHANICAL CONSIDERATIONS 


In this compressor design it was desired to use as many of the exist- 


ing parts of the compressor of reference 4 as possible without compromis- . 


ing the design, especially the inlet and outlet parts which house the 
bearing assemblies and the outer casing. The use of the outer casing 
made it impossible to increase appreciably the solidity of the subsonic 
stator blades because the number of blades and the axial space available 
were fixed. The solidity of these stator blades is somewhat lower than 
would be desirable for highly loaded stages. The existing rotor of the 
compressor of reference 4 could not be used because the hub contour was 
unsuitable for this design, and the number of blade slots and hence the 
solidity of the rotor rows were too low for highly loaded stages. 


A number of changes was necessitated by incorporating the transonic 
inlet stages into the design. The hub-tip ratio at the entrance to the 
first stage was decreased from 0.55 to 0.48 in order to utilize the high 
pressure ratio obtainable with the transonic stages and still match the 
equivalent flow entering the first subsonic stage and not exceed the 
limiting relative Mach number at the tip of. the first rotor. 


The transonic stages were believed to require larger blade chords 
than the subsonic stages and hence it was necessary to alter the orig- 
inal axial location of the subsonic blade rows in order to obtain the 
necessary axial space for the transonic stages. More recent data indi- 
cate that good performance can be obtained with lower solidities. How- 
ever, because the transonic stages were designed for a higher pressure _ 
ratio than the subsonic stages which they replaced, the over-all pressure 
ratio remained approximately the same for the eight stages as it was for 
the original nine subsonic stages. The greater mass flow of the transon- 
іс design and a desire not to increase the exit velocitites at station 20 
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(fig. 5) necessitated increasing the exit-flow area. This was done by 
increasing the outer radius downstream of the exit guide vanes. 


DESIGN CALCULATION METHOD 


Subsonic design. - The design of the subsonic stages was based on 
the analysis of reference 6 and was carried out by selecting a stagewise 
distribution entering each rotor of tip dimensionless axial-velocity 
ratio h,, tip relative inlet air angle Ві, stage total-pressure ratio, 


and stage polytropic efficiency. These values are given in table 1. 

The tip speed and weight flow are set by the first stage. With the tip 
inlet air angle, tip axial velocity, and over-all pressure and temper- 
ature ratio entering any stage known, the velocity diagram and the pas- 
sage height at the entrance to each stage can be calculated by the fol- 
lowing equations. (The subscript n indicates any axial station entering 
а rotor, п + 1 is entering the following stator, and п + 2 is leaving 
the stators.) The tangential velocity at the tip entering any rotor can 
be determined by the equation 


Хо + = 1.0 - Ва + tan Bn + 
and at any radius by 
^n Зарев 


since wheel-type flow is specified leaving each stator row. The axial- 
velocity ratio at any radius is given by 


d 
hn = ри + a 601-02) 


Which assumes simple radial equilibrium. The ratio of static to total 
density at any radius is 


L 
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The total temperature entering any stage can be determined from the 
scheduled stage total-pressure ratios and assumed stage efficiencies. 
The weight-flow equation is 


ог 
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The value of рт 90 at any station n can be found from the scheduled 


stage pressure ratios and efficiencies. All terms inside the integral 
сап be calculated for various values of 7 апа the integral evaluated. 


flow is obtained. This procedure determines the hub radius, uncorrected 
for boundary layer, entering each rotor row. The axial and tangential 
velocity components and wheel speed entering any rotor can be determined 
from the preceding equations and hence both absolute and relative flow 
velocities, flow angles, and Mach numbers can be determined. 


The calculations of the flow leaving a rotor row are done in а віш- 
ilar manner except Рог the radial distribution of axial velocity. For 
this design the radial variation of axial velocity after subsonic rotor 
rows was assumed to be the average of that required for simple radial 


equilibrium and that for straight-through flow. Because the axial veloc- | 


ity increased across а stage, the radial variation of axial velocity for 
straight-through flow was assumed to be the. average of that entering а 


rotor row and that leaving the next stator гом. 


The dimensionless change in tangential. velocity Y' across a rotor 
row was calculated from the scheduled total-pressure ratio and efficiency 
for each stage according to the following equation: 


n-l 
P n 
у! = ( 1+2 T /Tg/& 
t Р. Me A 


where the superscript n represents the polytropic exponent of 
compression. The variation of Y' with radius is 


t= Vt 
Y ү:/2 
The tangential velocity leaving a rotor row is 
Sn+1L = an + Y! | 


The axial velocity after a rotor row at РВ for straight-through 
flow is қ | | 
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The axial-velocity variation for simple radial equilibrium after a rotor 


row is 
1 


2 2 „2.2 Да 
Ване Зан аи 7 Xn (2 -2щ) - 4,616 In Е 
The design exial-velocity variation after а rotor row at any radius is 


= Purl,e “Шын 
bun = 2 


The ratio of static to total density is 


2 
2 — 
Ов у-1/9+ 1 2 2 т-1 
o ajl- 787 zy т (ашы + Холі) 
n+l п 


x +1 
О 
and the weight-flow equation is 
и = ги вро(ет/ во) Ue | 70 — (og/ oq) az 
= ExXrt&bDoiPm/ Бо) 45 Ut Ре Әт) убил? n+l 
Z n+l 


The value of the lower limit of the integral Zp ,n+i is adjusted to 


give the correct weight flow, thus determining the hub radius after each 
TOW. 


Ihe values of 2, determined by the preceding procedure plotted 


with the axial spacing required by existing parts resulted in а slightly 
wavy hub profile, and the actual hub profile used was obtained by fairing 
а smooth curve through the calculated points. 


Transonic stages. - The velocity-diagram calculation for the tran- 
sonic stages was made in the same manner with the following exceptions: 


(1) The radial variation of axial velocity after each blade row 
was assumed to be that required for simple radisl equilibrium. 


(2) Flow conditions entering and leaving a blade row were calculated 
along an assumed streamline, rather than at a constant radius, because 
of the large changes in hub radii of these stages. The streamlines were 
assumed to pass through the area centers of five equal-area increments 
at each station. 
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(3) The hub radius at each station was adjusted to produce a smooth 
hub profile by а trial-and-error adjustment of the axial velocities at 
each station. 


(4) The tangential velocity component leaving the stators was not 
wheel type. 


(5) In calculating the energy addition through the rotors, the change 
in radii of the flow across the rotor was taken into account and hence 
the change in tangential velocity is not a vortex as was assumed in the 
subsonic stages. 


BLADE SELECTION 


Transonic blades. - The blade sections used for the transonic rotor 
blades were composed of circular-are pressure and suction surfaces and _ 
had а circular-arc mean line. These sections were specified along an 
assumed streamline across the blade row. The circular-arc mean-line cam- 
ber angle was obtained from the velocity-diagram entering and leaving 
flow angles, an assumed incidence angle, and a deviation-angle rule. 
Around this mean line were placed two circular-arc surfaces to produce 
the desired thickness at the center and the desired leading- and trailing- 
edge thickness. A sketch of a typical blade section is shown in figure 
5. An assumed incidence angle of 49 was used for all blade sections. 
Recent single-stage data indicate that this incidence angle may be too 
low at the tip for the high tip Mach number employed. These data indi- 
cate that the incidence angle for minimum drag increases with increasing 
Mach number, and the drag increases rapidly as the incidence angle is 
decreased. The deviation-angle rule used, obtained from preliminary 
single-transonic-stage data, was Ж | 


59 = 0.475q/0 
Hence, from the geometry of the blade section 

ф = АВ! - 1 + 8° 
ог 

Ф = (ав! - 1)/(1 - 0.475/0) 

The solidity is obtained from а selected chord and the number of blades. 
1$ was believed desirable to obtain a high solidity in transonic rotors 
(ref. 7), and a solidity of approximately 1.2 at the tip and 1.88 at the 


hub was used for the first rotor. The high tip solidity necessitated a 
larger chord at the tip than at the hub. : й 
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When the included angle of the mean line is determined, together 
with the maximum thickness and the leading- and trailing-edge radii, the 
blade profile can be calculated from the circular-are geometry of the 
blade section. Also, from the inlet flow angle and selected incidence 
angle, the angle setting of the blade section with respect to the com- 
pressor axis can be determined. 


Blade-section profiles were thus determined along five meridional 
streamline surfaces of revolution. These streamlines were assumed to 
pass through area centers of equal~area increments. The five sections 
were then stacked about a radial line passing through the approximate 
center of gravity of each section, and smooth surfaces were faired be- 
tween sections. Іп order to fabricate the blade, the blade-section 
coordinates had to be obtained in a plane perpendicular to the radial 
stacking line. This was done by laying out the stacked sections to a 
large scale and determining the profile coordinates in a plane perpen- 
dicular to the stacking line by graphical methods. 


The maximum blade thickness of the first rotor was varied from 9.5 
percent of chord at the hub to 5 percent at the tip in an approximate 
parabolic distribution in order to reduce the blade stresses at the root. 
А leading- and trailing-edge radius of 0.020 inch was used for all sec- 
tions. Additional blade data are given in table ТТТ. 


The stator blades for the transonic stages used 65-вегіеє blower 
blade sections since all Mach numbers entering these stators were below 
0.80 and these blade sections are known to perform well below the force- 
break Mach number. The blade sections were chosen in the same manner as 
the other subsonic blade sections. 


Subsonic blades. - NACA 65-series blower blade sections were used 
for all subsonic blading because extensive and reliable cascade data were 
available for these sections and they are known to give good performance 
below force-break Mach numbers. The design blade camber and angle of 
attack for the various sections were determined from the cascade data of 
reference 10 for the design effective turning angle, the effective inlet 
air angle, and the solidity. The values of inlet air angle and turning 
angle given in table II for the subsonic stages are “effective angles" 
(fig. 3(b) of ref. 4) based on the average axial velocity across a blade 
row. The angles given for the transonic stages are actual angles. Тһе 
blade sections for all the blade rows except the sixth, seventh, and 
eighth stator and exit vanes were chosen from the design charts of ref- 
erence 10 (fig. 111). This choice resulted in variable camber blades, 
from hub to tip, set to operate at the cascade design point. In the case 
of the sixth, seventh, and eighth stator and exit vanes, the design- 
point cambers varied so little from hub to tip that a constant camber 
blade was used; the mean-radius design-point camber was used over the 
blade height. The angle of attack for the radii other than the mean was 
then adjusted to give the design turning angle. 
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No attempt was made to select camber and angle of attack off the 
cascade design point in order to favor part-speed performance because it 
was believed that this procedure would probably have an adverse effect 
upon the design-speed performance, and it would not be possible to deter- 
mine how much the part-speed performance was improved because no сошраг- 
ative data would be available. The rotor blades were of constant chord 
length and the thickness varied from hub to tip (table III). The rotor 
blades were made thinner at the tip because it has been shown (ref. 1) 
that thin blades have high Ғогсе-ргеак Mach numbers and lower drag, and 
the taper in thickness also reduces the centrifugal stress in the blades. 
The number of blades in each blade row was determined from the desired | 
solidity and the selected chord. The chords of the rotor blades were 
determined from the limiting space between stator rows which was fixed 
by the use of the existing casing. 


The number of blades in each blade row, and hence the solidity, was 
chosen to obtain a good operating range without undue losses. For a 
given design turning angle and inlet air angle, with 65-series blades, 
the camber necessary decreases with increasing solidity (ref. 10, fig. 
109). This десгеаве becomes less pronounced at very high solidities. 
The low drag operating range also increases with decreasing camber (ref. 
10, fig. 86) and hence, from а range standpoint, it is desirable to main- 
tain high solidities. However, the total losses across a blade row will 
increase directly with the number of blades, and hence solidity, for 
fixed chord blades. A judicious selection of the number of blades and 
solidity is necessary in order not to penalize either the operating 
range or the efficiency. 


In selecting the Ъ1еде-зес%1оп cambers and angles of attack, an in- 
terpolation was made for inlet air angle directly from the design charts, 
апа an interpolation for solidity was made by using the design charts | 
for three different solidities and cross-plotting these values to deter- 
mine the camber and angle of attack at the chosen solidity. This pro- 
cedure was also used for the variable camber. stator blades. А11 subsonic 
blade sections were chosen on a "straight-through" basis; that is, the 
turning angle was the difference between the inlet and the outlet air 
angle at the same radius. The camber of such a blade section along a 
streamline will be somewhat lower than that of a constant-radius section, 
but the design turning along a streamline is also lower so that little 
error is involved in using the straight-through method. 


The stator blades were made 6-percent thick at all radii because the 
thinner blade sections have higher critical Mach numbers and lower drag 
than the 10-percent-thick blades, and the added strength of the thicker 
blades is not needed because no centrifugal stresses are involved. 
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SUMMARY OF DESIGN CHARACTERISTICS 


The various design characteristics determined in the design proce- 
dure are as follows (values given are for standard sea-level inlet condi- 
tions): 


Over-all total-pressure ratio . . . e o « o «e e > è e o a» о « 10.26 
Average stage total-pressure ratio ............... . 1.538 
Weight flow, lb/sec.... o e o oaeo 65 


Weight flow per unit rotor frontal area,  (1b/sec)/sq. ...... 29.8 
Tip speed, ft/sec "rc c2l2s век. „5866 
Tip speed, rpm ...... -— асы аа ысын рою сас Ж тие ао 35980 
Over-all adiabatic efficiency Жазы ЖАЗ Ee а Зою жов вою к 928686 


Values of total and tip static-pressure ratio рег stage are plotted іп 
figure 6. The ratio of tip static pressure to total pressure at the сош- 
pressor inlet at each station is shown in figure 7(а); total-pressure 
ratios are given in figure 7(b). 


Dimensionless axial velocity h and axial Mach number at the mean 
radius at each station are shown in Pigure 8. The distribution of 
dimensionless axial velocity across the annulus entering each blade row 
is shown in figure 9. Figure 9(a) represents the dimensionless axial 
velocity at the entrance to each rotor row and figure 9(b), at the en- 
trance to each stator row. 


A summary of the velocity-diagram data is given in table II for both 
the rotor and stator rows for five equally spaced radial stations at the 
rotor and stator entrance. Values of the diffusion factors (D or D') 
are listed for tip, mean, and hub radii. 


A summary of the blade design data is given in table III; the number 
of blades, blade chord, solidity, camber, maximum thickness, and section 
setting angle are listed for various radii. 


OVER-ALL TEST RESULTS 


The compressor was tested in accordance with the standard procedure 
of reference 11. Performance characteristics determined experimentally 
are presented in figure 10. The experimentally determined performance 
shown in figure 10 is discussed in detail in reference 12. 


National Advisory Committee for Aeronautics 
Lewis Flight Propulsion Laboratory 
Cleveland, Ohio, September 30, 1953 
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TABLE I. ~ DESIGN DATA 


Stage Tip dimen-| Tip rela- Assumed 
total- slonless tive inlet stage 
pressure axial- air angle | polytropic 
ratio velocity entering efficiency 
ratio stage 
entering 
stage 


subsonic stages 


1 
2 
5 
4 
5 
6 
T 
8 
9 


Transonic stages 


1 1.374 0.4965 63.61 
a 1.574 . 2956 59.84 
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TABLE II. - VECTOR-DIAGRAM DATA 


(a) Rotor. 


| enge through] 
Stage| Axia Entrance oor row 
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TABLE ТТ. = Concluded. VECTOR-DIAGRAM DATA 


(b) Stator. 
— 
i 
: EB 


Change through 
blade row 
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TABLE ТТТ. - BLADE DESIGN DATA 


Stage| Radius | Numbe 
ratio, of 
2 blades 


(a) Rotor. 


in. 


Д. О 
4 
9 
1 
о 
2 8 
2 
8 
7 
6 
5 O 
Q 
0 
О 
О 
4 6.0 
8.0 
10.0 
о 6.0 45.8 
7.0 54.7 
8.0 25.2 
6.0 41.5 
7.0 54.4 
8.0 26.9 
7 6.0 41.0 
7.0 55.5 
8.0 29.4 
6.0 40.2 
7.0 55.5 
8.0 50.5 
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и TABLE ТТТ. - Concluded. BLADE DESIGN DATA 


Stage} Radius | Number 
of 

blades 

| 


(b) Stator. 
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Тір dimensionless axial velocity ratio, hc 


| 


Stage total-pressure ratio, 
Pn42/Pn 


1 2 5 24 5 6 7 8 8 
Оуег-а11 total-pressure ratio, Py/Po 


Figure 1. - Stagewise distribution of stage total-pressure ratio, dimensionless axial velocity, 
and tip relative inlet air angle. 
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Figure 2. - Stagewise distribution of boundary-layer allowance. 
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Figure 5. - Diagramatic sketch of compressor flow passage and hlading. 
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Mean 


Hub 


(&) First stage. 


Figure 4. - Velocity diagrams for stages at tip, mean, and hub radii. 
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Mean 


Hub 


(b) Second stage. 


Figure 4. - Concluded. Velocity diagrams Гог stages at tip, mean, and hub radii. 
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Figure 5. - Typical transonic blade section. 
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Pressure ratio per stage at tip 
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Figure 6. - Variation of design stage pressure 
ratio. 
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station total pressure 
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Total-pressure ratio, 


Station 
(b) Total pressure. 


Figure 7. - Design pressure ratio thrcugh compressor. 
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- Variation of dimensionless arlal-velocity ratio and axial Mach mmber through compressor. 


Figure 8. 


вто 


5018 > 


NACA RM #53124 


axial-velocity ratio, h 


Dimensionless 


. 44 


чи 

А | NAN E 
5-25 
ILLLLLLLINNN 
Пя 
ан 
SSSR SEES SEER 
ТТЕ тм 
ГГ М [ 
АА Ш 


Н-ға 


Compressor radius ratio, 2 
(b) Entering stator. 
Figure 9. - Radial distribution of dimensionless axial-velocity 
ratio. 
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Figure 10. = Over-&11 performance characteristics of eight-stage axial-flow compressor. 
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